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ABSTRACT

This paper is a preliminary study of a new method
of full state estimation in order to increase spacecraft
autonomy. Autonomous systems help to reduce costs
during the operational lifetime and improve space-
craft capabilities when human interaction is limited.
The proposed method is based on low SWAP (size,
weight, and power) sensing elements. The relation
between the numbers and the location on the space
vehicle of these devices are keys to the proposed tech-
nique. This paper presents the advantage of this
technique in several simple scenarios. It also lays
down the path to consolidate this theory with more
in-depth studies.
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1. INTRODUCTION

Over the years, several autonomous control algo-
rithms have been studied and developed for space
exploration and planetary or asteroid landing. Start-
ing with the apollo program with gravity turn ma-
noeuvre and profile tracking ("Moseley 1969’). Sim-
ilar principles of tracking specific profiles and vari-
ables have been studied and used since ("Lu & Ba-
yard ’). Recently, several guidance and control algo-
rithms have been developed such as terminal point
controller ("Mendeck & Carmin 2002’), numerical
predictor-corrector and analytical predictor-corrector
("Davis et al. 2010’), powered-descent guidance based
on Apollo Lunar Module guidance ("Sostaric & Rea
2005’) and convex optimization of powered-descent
guidance (’Carson et. al 2011’). These tech-
niques rely on accurate knowledge of state vari-
ables. Improvements of measurement accuracy and
autonomous algorithms are beneficial. For example,
future crewed mission to Mars will require improve-
ment in landed mass and precision landing. In partic-
ular inflatable aerodynamic decelerators (IAD) and
supersonic retropropulsion (SRP) have been exten-
sively studied ('Braun & Manning 2009’, 'Davis et
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al. 2010’ and ’Sostaric et al. 2011’). This requires
accurate knowledge of the spacecraft state variables.
One way to control the lift and drag of IAD is by
controlling the displacement of its center of mass.
Again, accurate knowledge of the state estimation
is determinant to the development of these control
algorithms.

At the Autonomous Systems Laboratory at Purdue
University, we believe that the autonomy of a space-
craft can be dramatically improved by direct mea-
surements of the full state. This paper starts with
the premise that better measurements will improve
the autonomy of the GNC algorithms. Mathematical
theory for accelerometer based IMU (inertial mea-
surement unit) has been studied by ’Gullipalli &
Ariyur 2011°. The method we propose refers to the
mathematical theory developed in this cited paper.

One of the purpose of autonomy is ultimately to re-
duce the costs of these vehicles during their opera-
tional life. To that end, we choose to use inexpen-
sive, low SWAP (size, weight, and power) sensing el-
ements, such as MEMS accelerometers on every mov-
ing part in the space vehicle. The novelty does not
reside in the development of new costly instruments
but in a different way to exploit well characterized,
light-weight, and inexpensive sensors. Through the
use of multiple accelerometers, we are able to obtain
a broader range of measurements, and thus greater
information on the state of the vehicle. In this paper
we lay emphasis on the estimation of the real time
variation of the inertia, the mass and the center of
mass of the spacecraft by measurement of accelera-
tions. Then we analyse its effects on the autonomous
control algorithms of the spacecraft.

2. METHODOLOGY

Spacecraft are subject to the space environment.
Gravity, solar pressure, ionic wind and atmosphere
are some of the disturbances that affect the dynam-
ics of a spacecraft. In order to increase autonomy
and reduce human interactions, the spacecraft should
rely on accurate knowledge of its dynamics state. We
choose to measure several accelerations because of
their connection to the state, and the availability of
low SWAP sensors for its measurement. A better
estimation of the acceleration leads in a better esti-
mation of the position of the spacecraft. A classical



way to measure the acceleration is by use of an IMU
(Inertial Measurement Unit) and accurate accelerom-
eter. Instead of trying to develop better and heavier
instruments, a combination of small, cheap and light
accelerometers can give us a better estimation of the
acceleration of a spacecraft.

MEMS accelerometers are small, cheap and light such
as the one used in almost every smartphone. Of
course these types of accelerometers are not very ac-
curate nor reliable. A single MEMS accelerometer is
clearly not enough but a combination of several of
these devices can be advantageous. Due to the large
number of those, the estimation of the acceleration
is not affected in case of inaccuracy or dysfunction of
some of the sensors.

The large number of these devices allows to cover dif-
ferent parts of the space vehicle. Depending on the
spacecraft’s configuration and the scenario, deploy-
able and moving parts can play a significant role in
the dynamics behavior of the spacecraft. Small and
light MEMS accelerometers can be dispersed across
those flexible parts and provide useful information. A
key factor is the relation between the positions of the
devices d; and the measurements of acceleration a;.
The equations 1 and 2 represent the estimation of the
linear acceleration aestimateq and the angular acceler-
ation Qestimated (Where n is the number of devices).
Both the linear and the angular accelerations can be
estimated with high accuracy from the acceleration
measurements and their geometric configuration.

Qestimated = f(ah ~-~7an7d17 adn) (1)
Qestimated = g(a17~-~7an7d17--~7dn) (2)

The simplest method is to take the average value of
these accelerations without looking at the location
of the devices (equation 3). This improves the mea-
sured value of the acceleration but since the accuracy
of these cheap devices is not very good, the error be-
tween the estimated and the measured value is still
significant.

X a;
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Aestimated = n (3)

Different methods combining acceleration measure-
ments and location of these devices give better re-
sults. The distance between the locations of the dif-
ferent measurement units (leverage arm) is impor-
tant. If all devices are clustered in one area, the cal-
culation of the acceleration wont be as accurate as if
the leverage arm was bigger. A more spread out con-
figuration gives better results. The method should
integrate this factor. A simple example is given by
the equation 4.

Qestimated = féc(l:i;i) (4)

More advance techniques are described in ’Gullipalli
& Ariyur 2011°. Let us start with a simple configura-
tion of four three-axis accelerometers located at each

corner of a square. The acceleration equation can be
obtained from Newton’s second law of motion with
inertial to non-inertial frame conversion formula with
constant mass (equation 5).

d*r  d°R , dr’ ,
W:W—f—wxwxr +2wxE+axr (5)

R is the distance in the inertial frame, 7’ is the dis-
tance in the non-inertial frame (rotating frame), w is
the angular velocity and « is the angular acceleration.
Then the acceleration equations can be expressed as
follow (equations 6 to 8):

Ay = ay — (wg + wz)rm- + WawyTy; + wWaw,rz  (6)
FayTi — QTy;

(wi + w?)rw + WawyTgi + wyw,rs (7)
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FO Ty — QyTy;
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The subscript 7 represents the index of the measure-
ment units. a.,ay,a. are the linear accelerations
of the body in the x,y,z directions, rg;,ryi,r.; are

the it" accelerometer positions in the x,y,z directions,
Wz, Wy, w, are the components of the angular velocity
of the body along the 3 axes and o, ay,a, are the
components of the angular acceleration of the body
along the 3 axes. Finally A;;, A;y, A;» are the ith
accelerometer measurement in the x,y,z directions.
These equations show the relation between the linear
acceleration, the angular velocity, the angular accel-
eration and the position of the accelerometers.

The linear equations of the product of the pair of
the angular velocities are obtained by eliminating the
angular accelerations and the second order terms of
the equations 6 to 8. These linear equations are:

(T12x7n34y - T34xrl2y)wzwy + (Tl2acr34z - T34x7'12z)wxwz (9)
= rl2zA34z - T341A12a:
(ra12T23y — 1232741y )Wyws + (Ta12723y — T232741y )Wawy (10)
= T41yA23y - T23yA41y
(r13eT42: — 4207132 )Waws + (T13yTa2: — Ta2yT132 )wyws (11)
= 71132:14422 - T422A13z

The numerical subscripts 1,2, 3,4 identify the ac-
celerometers.

We propose to investigate several methods in order to
optimize the accuracy of the technique by minimiz-
ing the error between the measured and the estimated
acceleration. Not only this method includes the loca-
tion of the devices but also detects outlier measure-
ments (in case of failing devices) and excludes them
from the calculation of the acceleration.

In order to drastically improve the state estimation,
a good mapping of the spacecraft is necessary. The



knowledge of the numbers and the location of these
devices are key factors used in this methodology.

In addition, another factor that plays a part in the
position and the attitude of a spacecraft, is the
change of its inertia. Fuler equations of motion
(equations 12, 13 and 14) established a relation be-
tween inertia and angular acceleration. The kine-
matic equations (equations 15, 16 and 17) linked the
angular velocity to the attitude of a spacecraft. So
accurate knowledge of the inertia of the space vehicle
is beneficial to the determination of the spacecraft
attitude.

Wy = ]\14—; - (Ii;zly)wy W, (12)
et 0B,

. = 1\14: B (Iy;zfz)wx w, (14)

¢ = wa + (wy sing + w, cosp) tand (15)
0 = Wy COSP — w, Sing (16)

= (wy sing + w; coso) ﬁ (17)

Similarly to the method used for acceleration estima-
tion, MEMS accelerometers are displayed on every
moving parts or other pieces responsible for a change
of inertia. Measurement of the change of acceleration
of these parts with respect to the center of mass of
the space vehicle, leads to an accurate estimation of
the displacement of significant masses. So the iner-
tia of the vehicle can be estimated as well. Then we
can actively use the change of inertia to control the
attitude of the spacecraft.

3. MEASUREMENTS UNITS

Several sensing elements can be considered. The goal
is to reduce the weight, size and power requirement.
This paper investigates MEMS accelerometers. They
are small cheap, light-weight and commonly used in
several applications. The method proposed is not
limited to accelerometer but can be applied to other
sensing devices. CMOS imagers dispersed on the
outer surface of the vehicle are another example of
elements that can be used to replace expensive star-
tracker. This paper focus on acceleration estimation
but the proposed method is not limited to this vari-
able.

4. TEST CASES

Several test cases are described in the following sec-
tions in order to illustrate the benefice of this tech-
nique. First, a scenario of a simple circular orbit
around the Moon is presented (section 4.1.). Then

a Moon descent and landing scenario is discussed
(section 4.2.). Finally, the advantage of this method
is applied to spacecraft’s inertia estimation (section
43.).

These simulations are preliminary results that allow
us to demonstrate the advantage of a better estima-
tion of the acceleration with respect with traditional
IMU measurement.

4.1. Moon Circular Orbit

The first scenario used to illustrate the advantage of
this method is a simple planar circular orbit around
the Moon. This simple case has been selected to
validate the method. Standard IMU sensing and
Multi-Sensors MEMS accelerometers are compared
to a nominal case (perfect measurement of the ac-
celeration). The Standard IMU is a more accurate
sensing unit (1% dispersion on the nominal acceler-
ation) than each of the MEMS accelerometers (5%
dispersion on the nominal acceleration). We choose
different accuracy to reflect that the quality of the
MEMS sensing elements is not the main factor of the
improvement of the estimation.

The trajectories (one orbit revolution) of the Nominal
Case, the Standard IMU Case and the Multi-Sensors
Case are presented in the figure 1. This figure illus-
trates that both configurations are close to the nom-
inal trajectory. None of them significantly perturbs
the orbit over one period in a way that the shape is
dramatically changed. Nevertheless there are some
perturbations that can be observed in the figure 2.

hominal Trajectory

6 “Standard IMU" Trajectory
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Figure 1. XY orbital plane.

These dispersions of the trajectory after one orbital
period can better be observed in the figure 2. This
figure shows the altitude of the vehicle. It is observ-
able that the Multi-Sensors technique gives a rela-
tively better estimation of the trajectory.

The figure 3 presents the dispersion ellipse after one
orbital period. Significant improvement can be ob-
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Figure 2. Altitude of the spacecraft.

served with the proposed Multi-Sensors method. The
use of a combination of multiple MEMS accelerome-
ters drastically reduces the dispersion due to error in
acceleration estimation. This illustrates that even if
the Standard IMU as a better accuracy (1% disper-
sion on measurement) than each individual MEMS
accelerometer (5% dispersion on measurement), the
error in the estimation of acceleration is bigger. The
advantage of the new method is visible on the figure
3. Note that with similar accuracy, the advantage of
the Multi-Sensors technique is even better.
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Figure 8. Dispersion Ellipse after one orbital period.

4.2. Moon Descent and Landing

The second test case is a simple descent and land-
ing scenario. Moon environment has been selected to
avoid atmospheric disturbances and validate the new
technique in a propulsive landing. The goal is to ob-
serve the advantage and the behavior of the proposed
method in a scenario where the dynamics changes
more quickly than the previous test case.

The initial conditions are an altitude of 95 km with

a velocity magnitude of 1670 m/s and a flight path
angle of -10deg.

The figure 4 shows the estimation of the accelera-
tion along the X-axis. Omne can observe that the
new method reduce the dispersion of the accelera-
tion measurement. Similar observation can be done
about the other axis.

Acceleration estimation along the X-axis
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Figure 4. Acceleration estimation along X-axis.

The figure 5 represents the landing dispersion ellipses
of both the Standard IMU and Multi-Sensors simula-
tion. As in the Circular Test Case (section 4.1.), the
dispersion is significantly reduced. The figure rep-
resents the worst case scenario of both techniques.
A dispersion of 5% of the measured acceleration has
been considered in this example. Smaller percent-
age values reduce the dispersion ellipses but the re-
lation between Standard IMU and multiple MEMS
accelerometers is not significantly affected.
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Figure 5. Landing dispersion ellipse.



4.3. Effects on Spacecraft Inertia

As presented in section 2., the inertia affects the an-
gular acceleration and thus the attitude of the space-
craft. This case is based on the same initial condi-
tions as in section 4.2.

The spacecraft is single-axis stabilized along the main
component of the thrust direction and the direction
of one of the principal moment inertia. The effect
of the inertia estimation is observed on the others
principal moment of inertia axis. After 200 seconds,
an external torque (due to thruster activation) acts
on the space vehicle for 70 seconds. No other control
(except that inertia control) is applied so the effect
of inertia estimation can be directly observed.

The figure 6 represents one of the perpendicular
angular acceleration components. The on and off
switches of the thruster are visible at 200 seconds and
270 seconds. The graph on the top shows a nominal
simulation with constant inertia. The bottom graph
represents the simulation with Multi-Sensors inertia
estimation. On the top graph, we can see the ef-
fects of no active control. By comparison, the bottom
graph shows that small displacements of masses af-
fects the inertia and can compensate the perturbing
angular acceleration.

The figure 7 illustrates the impact of the angular ac-
celeration on one of the Euler Angles. It is observ-
able that during the thrusting time, the Euler Angle
is not controlled. This is because we are observing
the spacecraft behavior along uncontrolled /unstable
axis. More study has to be done to demonstrate the
impacts of this estimation method on 3-axis stabi-
lized spacecraft.
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Figure 6. Angular Acceleration.

5. FUTURE WORK AND CONCLUSION

Several simple test cases have been presented in this
paper to illustrate the advantages of the proposed
method for spacecraft full state estimation. This pa-
per focused on MEMS acccelerometers devices and
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Figure 7. Second Euler Angle.

their contribution to a better knowledge of spacecraft
state estimation. As illustrated, better estimation of
the acceleration vector is useful toward autonomous
control and ultimately toward cost reduction. Not
only low SWAP (size, weight and power) sensing el-
ements will reduce the manufacturing cost but they
will also reduce the cost due to station keeping in
the case of extended operational life. It will also be
beneficial in cases where human interactions are lim-
ited such as entry, descent and landing scenario as
illustrated in section 4.2.

Future work would be to apply this technique in more
challenging environment such as atmospheric entry
in order to test the robustness of the method. There
are still questions to be answered such as: How low
can be the quality of the MEMS accelerometers and
still gives better estimation than traditional IMU?
What is the best geometric configuration? What is
the maximum gain in accuracy? Future work will
help to improve the determination of the optimal re-
lation between the number of sensing elements, the
location of these devices and the impact on the au-
tonomous GNC.

More work has to be done to demonstrate the ad-
vantage of this new estimation technique on attitude
control of space vehicles. So far only simple simu-
lations allow us to see the potential impact of such
method.

A more in depth study on the cost reduction can also
be done. New GNC algorithms will be developed
to fully take advantage of this new technique and
maximize the potential of this method.

This technique can be applied not only to accelerom-
eters but also to different measurement units such as
CMOS camera or other devices designed to track the
Sun and stars. This will allow us to better estimate
the position and the attitude of the spacecraft.
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